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1. CONTENT AND ORGANIZATION

1,1 Description of the Surveyor Mission

1.1.1 Purpose of the Mission: The purpose of the Surveyor mission

is to soft land a package of scientific instruments on the surface of the
moon, and to carry out a series of experiments with these instruments.
The landing site {s preselected, and is to be hit with a 35 landing
dispersion of less than 67 km.

1.1.2 Sequence of Events: The mission is carried out as follows:

1.

2’

The spacecraft {s boosted into an earth-moon trajectory
by an Atlas-Centaur combination,

The spacecraft {s separated from the booster.

The spacecraft attitude rates impsrted by the Separation
operation are nulled out by cold gas jer control torques
commanded by suitably processed signals from three body-
fixed rate integrating gyros.

Spacecraft attirtude is locked up on the Sun and Canopus.
This is achieved and verified by & serivs of programmed
maneuvers commanded from Earth., Attitude referznce is
provided by optical Sun and Canopus senscrs, ind the
integrating gyros. Control torques are provided by the
cold gas jets.

The spacecraft continues alongz its trajectory 1in this mode
until the mid-course correction tekes place. During this
period the JPL Space Fligh:s Operations Facility (SFOF)
determines the actual spacecraft trajectory and computes
the velocity increment needed to corrvct the actual
trajectory to the desired trajectory.

The spacecraft roll axis is then pointed 1n the direction
of the desired velocity increment. This is accompiished
by programmed commands from Earth to the c(old gas jet
control system. *

The three vernier rocket engines are {gnited and thrust at
a precisely controlled period of time. Thv thrust level
(more precisely the thrust-to-mass ratio) is controlled by
throttling the vernier engines with the ~rror between a
precise command voltage and an accelerom=ter. The tim=
period is controlled by a digital clock which is preset
and verified from Earth in accordance with the velocity
increment computation. Pitch/yaw attitude is controlled
by differential throttling of the three vernier engin=s
with suitably processed signals from the pitch and yaw
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7. {(coutinued)

gEyros. Roll control is achieved by gimballing one of
three vernier engines in accordance with a suicably
processed signal from the roll gyro

8. At the end of the programmed thrusting perfod, the digital
clock shuts down the three vernier engines. Spacecraft
attitude {8 once more lccked up on the Sun and Canopus by
the cold gas jet system.

9. The spacecraft continues along its trajectory in this mode
until the main retrorocket phase., During this period SFOF
again determines the actuel spacecraft trajectory.

10. The spacecraft roll axis is then pointed close to the
direction of the spacecraft velocity vector. This is
accomplished, as was Step 6, on command from Earth.

11, The altitude marker radar AMR) generates a signal when
the slant range from the spacecraft to the lunar surface
is approximately 55 miles. This signal starts a digital
clock.

12, After an {ntexrval of time pre-commanded from Earth, the
d{gital clock fgnites the vernier rocket engines.

13. One second after the vernier engine ignition signal, the
digital clock fgnites the main retrorocket,.

14. The spacecraft continues along its trajectory with the main
retrorocket thrusting until main retrorocket burnout. During
this period attitude is controlled as in Step 7

15, Main retrorocket burnout 18 sensed by a g-switch which closes
when spacecraft acceleration falls below 3.5 (lunar) g's.

16, The g-switch signal starts a digital clock and commands
near-maximum vernier engine thrust,

17. After a fixed time delay the digital clock fires the explosive
bolts which fasten the wmain retrorocket case to the spaceframe,

18. After another fixed time delay, the digital clock enables
the vernier phase control svatem.
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19, When the radars generate signals indicating that they
are operating properly, the vernier phase control system
is turned on, In this control mode the radars generate
signals which continually maintain alignment between the
spacecraft velocity vector and the spacecraft roll axis,
and which control thrust to maintain a preprogrammed alant
range vs,. velocity trajectory,

20, - When slant range has decreased to 1000 feet, the radar
altimeter generates a digital signal marking that range,
and changes its analog output voltage scale factor to
provide better resolution at low altitudes. The flight
control system ut{lizes the 1000 foot mark to trigger a
change in gain in the Doppler attitude channels and a
change in the descent command profile,

21, When the Z-axis veloci{ty has decreased to 10 ft/sec, a
trigger in the flight control electronics reacts to the
Doppler Velocity Sensor Z-axis analog output to produce
a digital signal. This digital signal removes the Doppler
attitude signals and commands a constant Z-axis velocity
of 5 ft/sec.

22, The spacecraft descends at a constant velocity of 5 ft/sec,
During this period attitude i{s held fixed.

23, When slant range has decreased to 13 feet the radar generates
a digital signal marking that range. This signal is
utilized by the flight control electronics to shut down
the three vernier rocket engines,

24, The spacecraft free falls to touchdown.

1.2 Description of Flight Control System: The Surveyor flight control
system consists of sensors, electronic amplifiers and switches, and actuators,
The flight control electronics selects and processes signals from the sensors
sujtable to the several phases of the mission. The processed signals are used
to command control forces from the appropriate actuators. Table 1.2.1 lists
the sensors and actuators used in the several phases of the mission, The
phases of the flight are identified by the numbers assigned to them in
section 1.1.2. This report i8 intended to be a detailed account of the
design of the flighr control systems used during phases 7, and 12 through 23,
The control systems used in the other phases are described in detail in
Reference 1.

1.3 Organization of Reporr: The remainder of this report will follow
the following pattern: ‘

1, A detailed sequence of events;

2, A detailed description of thrust phase control system configurations

3, A description of the considerations which lead to the current system
des{gn,

?
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Phase Sensors Actuators
3, 6, 10 Pitch, yaw and roll gyros Cold gas jets
4, 5,8, 9 Sun and Canopus sensors; Cold gas jets
pitch, yaw, and roll gyros
7 Pitch, yaw and roll gyros; Vernier rocket engines,
accelerometer roll actuator
11 Pitch, yaw and roll gyros; Cold gas jets
altitude marking radar
12 Pitch, yaw and roll gyros Vernier rocket engines,
roll actuator
13, 14, 15, Pitch, yaw and roll gyros; Vernier rocket engines,
16, 17 g-switch roll actuator, main

retrorocket engine

18, 19, 20, 21,
22, 23

Pitch, yaw and roll gyros;
accelerometer; radar
altimeter and Doppler
velocity sensor

Vernier rocket engines,
roll actuator
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2.0 SEQUENCE OF EVENTS

2.1 Midcourse Correction: The midcourse velocity correction
(phases 6, 7 and 8 of Section 1.1.2) is carried out as follows:

1. The spacecraft is maneuvered to the desired attitude,
2, The digital clock is set by radio command from Earth,

3. The verﬁier rocket engines are lighted and the digital clock {s
started,

4, The vernier rocket engines thrust at a precisely controlled thrust~-
to-mass ratio.

5 The digital clock shuts down the vernier rocket engines at the end
of the preset thrusting period.

6. Spacecraft attitude is maneuvered back to lock-up on the Sun and
Canopus,

2,2 Main Retrorocket Phase: The main retrorocket phase (phases 10
through 18 of Section 1,1.,2) is carried out as follows:

‘ -1, Nominal vernier rocket engine thrust level for the main retrorocket
phase is radio commanded from Earth,

2. The spacecraft is maneuvered to the desired attitude.
3. The digital clock is set by radio command from Earth,

4, At a slant range from the lunar surface of approximately 55 miles,
the altf{tude marking radar generates a signal which starts the
digital clock. ’

5, At the end of the preset period, the digital clock generates a signal
which ignites the vernier rocket engine,

6., One second after the vernier rocket engine ignition signal, the
digital clock generates a signal which ignites the main retrorocket
engine,

7. The main retrorocket thrusts until it burms out, Burnout is
detected by a g-switch, When spacecraft deceleration has decreased to
3.5 g's, the g-switch generates a signal which starts a digital clock,

8. After 8 seconds, the digital clock generates a signal which explodes
the bolts which fasten the main retrorocket case to the spaceframe.
Simultaneously, near~maximum vernier rocket engine thrust is
‘ commnanded,
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9. Two seconds after the bolts are exploded, the digital clock commands
near minimum vernier rocket engine thrust and enables the vernier
phase control system,

2,3 Vernier Phase: The vernier phase (phases 18 through 23) is carried
out as follows:

1. When both the Reliable Operate-Radar Altimeter (RORA) and the
Reliable Operate-Doppler Velocity Sensor (RODVS) signals appear,
the vernier phase control system i{s turned on, A combination of
RORA and Conditional Reliable Operate-Doppler Velocity Sensor
(CRODVS) signals will also turn on the vernier phase control
system. The RORA, RODVS, and CRODVS signals are digital indicators
which are generated by the radars., They indicate that the analog
radar signals are being generated properly., The CRODVS signal
indicates that the Doppler velocity signals are not in speciffica~-
tion, but are sufficiently accurate to be used for a preliminary
attitude correction,

2, The spacecraft descends along a preprogrammed trajectory to a slant
range of 1000 feet. At this point the radar generates a digital
signal marking this range., This signal operates switches in
the flight control electronics which change several electronic
parameters to values suitable for lower altitudes and velocities,

3. The spacecraft descends along the preprogrammed trajectory until
its velocity decreases to 10 fee: per second, At that point a
trigger in the flight control electronics reacts to the Z-axis
Doppler Velocity Sensor analog output to produce a digital signal
which commands the spacecraft to descent at a constant velocity
of 5 fps and at a fixed attitude,

4, VWhen slant range has decreased to 13 feet, the radar altimeter
generates a digital signal marking that range, This signal operates
switches in the flight control electronics which shut down the
vernier rocket engines,
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3.0 CONTROL SYSTEM CONFIGURATION

3.1 Spacecraft Coordinate System: The spacecraft X, Y, Z (pitch,
yaw and roll respectively) axes are a right-handed rectangular coordinate
system defined by tooling fixtures (see Reference 2), Nominally, the origin
of this system lies at the spacecraft center of mass, the Z-axis points in
the direction of rocket engine exhaust, and the Y-axis passes through leg 1
of the spacecraft. The +Y direction is toward leg 1.

3.2 Vernier Rocket Engine Configuration: Figure 3.,2,1 shows the
physical arrangement of the three vernier rocket engines relative to the
X, Y, Z axes., Note that engine No, 1 {s gimballed for roll control.

3.3 Sensor Configuration

3.3.1 Gyro Configurationt! Three {ntegrating gyros are body-fixed
to produce analog output signals proportional to the i{ntegral of body rates
about the X, Y, and Z axes,

3.3.2 Accelerometer: The accelerometer {s mounted so that it measures
the thrust~to-mass ratio in the Z-direction,

3.3.3 Altitude Marking Radar: The AMR 1s mounted so that it generates
a digital signal when the distance from the spacecraft to the lunar surface,
as measured along the Z-axis, is approximately 55 miles.

3.3,4 Radar Altimeter and Doppler

3.3.4.,1 Velocity Sensort The Radar Altimeter and Doppler Velocity
Sensor (RADVS) produce analog signals proportional to spacecraft velocity
components in the X, Y, and Z-directions, &nd the distance to the lunar
surface is measured along the Z-axis (slant range). In addition, the radur
altimeter generates digitel signals when slant range reaches 1000 feet and
13 feet.

3.4 Thrust Phase Control System Configuration During Midcourse Velocity
Correction: Figure 3.4.1 shows the control system hardware configuration
during the midcourse thrusting period (phase 7 of Section 1.1.2). This control
system operates roughly as follows, The acceleration signal amplifier
produces a throttling command which tends to null the difference between
the acceleration command voltage and the accelerometer signal, The pitch
and yaw shaping amplifiers produce pitch and yaw control moment commands
which tend to null the respective gyro analog outputs, The mixing network
generates uniform throttling commands to the three engines proportional to
the acceleration signal amplifier output and differential throttling commands
proportional to the pitch and yaw shaping amplifier outputs., The servo loops
thus Instrumented are shown in Figures 3,4.2 and 3.4.3 and J3.4.4, The loop
shown in Figure 3,4.2 will henceforth be referred to as the roll control loop,
that in Figure 3,4,3 as the inner rate loop, and that in Figure 3.4.4 as the
acceleration loop, There are actually two identical inner rate loops. One
contains the pitch gyro, the pitch shaping amplifier, and the pitch moment
of inertia, The other contains the yaw gyro, the yaw shaping amplifier,
and the yaw moment of inertia, The four loops described above are very
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Enqgine
No.g.i

FIGURE 3,2.1 Yernier Engine Configuration
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nearly uncoupled because of spacecraft inertial symmetry. The expected
cross~coupling between loops has been investigated and found to be
negligible,

3.5 Maiun BRetrorocket Phase Control System Configuration: The main
retrorocket phase control system configuration is i{identical to that of the
thrust phase midcourse velocity correction control system, except that the
accelerometer is not used. Thus, the acceleration loop {s open, and vernier
engine thrust level is commanded by a fixed voltage into the mixing network,
The reason for not using the accelerometer is that it does not have suf-
ficient dynamic range to operate when the main retrorocket is thrusting.

3.6 Vernier Phase Control System Configuration: Figure 3,6.1 shows
the control system hardware configuration during the vernier phase (phases
19 through 23 of Section 1.1.2), Also shown is the switching system which
sets up the various control modes. The vernier phase control system consists
of two separate subsystems, the attitude control system and the trajectory
control system, These are described separately in the succeeding sections,

3.6.1 Yernier Phase Attitude Control: The vernier phase attitude controi

system operates roughly as follows: From the time that the RODVS or CRCDVS
signal appears until the time that the Z-axis velocity reaches 10 fps, the

X and Y velocity signals from the Doppler Velocity Sensor are used to command
pitch and yaw body rates which tend to null the X and Y velocity components,
This keeps the Z-axis aligned to the velocity vector. When the Z-axis
velocity reaches 10 fps, the Doppler steering signals are removed from the
gyros, and attitude is held fixed for the remainder of the vernier phase,

A servo loop diagram of the pitch channel is shown in Figure 3,6.2. The

yaw channel is identical, The roll control system is that described in
Section 3.4.

3.6.2 VYernier Phase Trajectory Control: The vernier phase trajectory
control system operates roughly as follows: From the time that both RODVS
and RORA signals appear until Z-axis velocity is reduced to 10 fps, the
spacecraft descent 1s controlled to follow a preprogrammed slant range vs.
Z-axis velocity profile, This 18 accomplished a8 follows: The slant range
analog signal from the radar altimeter is fed Iinto an analog segmental
approximation to the desired descent profile, This analog of the desired
descent profile generates a velocity command corresponding to the slant
range input, This velocity command is differenced with the Z-axis velocity
analog signal from the Doppler velocity sensor, The résulting error signal
is used to control spacecraft acceleration, so that the error signal is
nulled., When Z-axis velocity has been reduced to 10 fps, a constant velo-
city command of 5 fps is substituted for that from the descent trajectory
analog. Figure 3,6,3 shows a servo loop diagram of the vernier phase
trajectory control system,

3.7 Switching System: The switching system operates as follows
(switch numbers refer to Figure 3,6,1): Switches 2p and 2y turn on the
Doppler attitude system, They are closed by an "and" gate whose inputs
are the delayed delayed burnout signal, the Doppler reliable signal, the
thrust phase power ON signal, and the absence of the 10 fps detector signal,
Switches 7p and 7y serve to set zero initial conditions on analog integrators
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in the pitch and yaw shaping amplifiers, They are closed when thrust phase
power is turned on, but opened when the vernier engine ignition signal
appears,

Switch 11 turns on the trajectory control system described in
Section 3.6.,2. It 18 closed by an "and' gate whose inputs are the thrust
phase power ON signal, the RODVS signal, and the RORA signal, Switches 13,
14, and 15 are used to select the proper velocity command, Switch 13 is
closed for slant range above 1000 feet. Switch 14 closed for slant range
below 1000 feet, and Z-axis velocity above 10 fps, Switch 15 is closed for
Z-axis velocity below 10 fps.

Switch 9 supplies the midcourse accelerati{on command, It {s closed only
during the midcourse yelocity correction phase., Switch 12 supplies & minimum
acceleration command to the acceleration loop during the vernier phase, It
is closed by the delayed delayed burnout signal, Switch 10 sets an initial
voltage of zero on a capacitor in the acceleration signal amplifier, It
is closed when thrust phase powaer i{s turned on, but opened when the midcourse
ignition signal or the delayed delayed burnout signal appears,
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4,0 DESIGN CONSIDERATIONS
4,1 Terminal Descent Phase Guidance
4.1.1 Basic Objective: The basic objective of terminal guidance

is to effect the transition from the initial conditions listed in
Table 4,1.1 to the final conditions listed in Table 4.1.1.

TABLE 4,1,1
Parameter Initial condition Final condition
Spacecraft roll
axls direction As desired Vertical
Velocity vector Approximately 5 fps
nagnitude 8500 fps
Velocity vector Either vertical or
direction within 45° of the Vertical
lunar vertical
Slant range to Approximately
lunar surface 55 miles 13 feet

The roll attitude of the spacecraft must be controlled so that a high-
gain transmitting antenna is pointed toward Earth,

4eo1.2 Description of the Gravity Turn: The method selected to
achieve the velocity vector and spacecraft attitude objectives listed in
Table 4.,1,1 {8 called the 'gravity turn', Under this scheme the spacecraft
thrust vector (manually aligned to the roll axis) is continually held in
alignment with the velocity vector. If the velocity vector is not vertical,
gravity will supply a component of acceleration normal to the velocity vector,

. ) s s
and alweys 4in a sense which will turn the velocity vecior toward the verctical.

~
ais o oo w

4,1,3 Optimum Thrusting Program: Given rocket engines with upper and
lower thrust limits, and a fixed range and velocity end point, greatest fuel
economy 1s achieved {f the engines operare at minimum thrust as long as
possible, and at maximum thrust for the remainder of the thrusting period,

4.1.4 Surveyor Terminal Phase Guidance: Because of certain hardware
considerations, the actual terminal descent of the spacecraft is not a
gravity turn executed under the optimum throttling program described above.
It 1s not known whether or not the radars will operate properly through the
main retrorocket exhaust plume, Since the Doppler Velocity Sensor supplies
the steering signals which maintain alignment between the thrust axis and the
velocity vector, it 1s not possible to execute a gravity turn without radars,
For these reasons, spacecraft attitude is held fi{xed during the main retro-
rocket phase, instead of following a gravity turm,
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The optimum throttling program indicates that the engines (main
retrorocket and vernier) should not be ignited until the last possible
instant and then operated at maximum thrust for the entire descent. Such
a cthrottling program 18 not feasible because of uncertainties in initial
conditions, main retrorocket total impulse, etc, The throttling program
actually employed represents a realizable approximation to the theoretically
optimum program. Under the instrumented program, the main retrorocket removes
the bulk of the spacecraft velocity, At main retrorocket burnout, spacecraft
range, velocity, and attitude conditions are such that a gravity turn, executed
at maximum vernicr engine thrust cam achieve the desired cutoff velocity and
attitude at a somewhat higher than desired altitude, This higher altitude
represents a margin for uncertainties in main retrorocket total impulse,
etc, During the vernier phase, a gravity turn {8 executed under a nearly
optimum throttling program,

4.2 Control System Design

4.,2,1 Atritude Control

4.2,1.1 Pitch and Yaw Attitude Control

4.2,1.1.1 Ipneor Rate loop Design: The description of the considerations
which lead to the current imner rate loop design will be carried out by con-
sidering the sensor and actuator characteristics, the inputs and disturbances,
and the design requirements, and showing how these factors lead to the choice
of the shaping amplifier,

The sensor to be employed is a rate integrating gyro., Its output is
the integral of the difference between a signal applied to 1ts torquer coil
and the spacecraft rate about the pitch (yaw) axis,.

The actuator to be employed is the vernier propulsion system., It is
capable of producing a wmoment abou: the pitch (yaw) axis proportional to
the signal out of the shaping emplifier, The vernier propulsion system
also introduces a 20 millisecond lag and a hysteresis loop in tandem.

The spacecraft will be considered a rigid inertial sphere with
moments ¢f inertia betwean 115 and 250 slug-feet”. Thus, the pitch, yaw,

and roll loops will be considered inertially uncoupled.

A principal requirement on the inner rate loop is that is accurately
maintain the direction of the roll axis in the presence of the disturbance
moment generated by main retrorocket thrust vector misalignment. Specifically,
it is desired to hold the steady-state pitch (yaw) angle to less than 0.30
degrees in the presence of a disturbance moment of 150 ft-1bs,

Figure 4,2,1 shows a pair of coordinate systems which will be used
frequently in succeeding analyses, The xyz coordinate system is the space-
craft body system described in Section 3.1.
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FIGURE 4.2.1

The two systems are related by the Euler angles y, ¢, 6. The X Y Z coordinate
system is an inertially-fixed system defined as follows. For the desired
position og the X Y Z system during the main retrorocket phase, y = 0 = 0,
and ¢ = 907,

The precise (under the assumption that the spacecraft is an inertial

sphere) equations relating spacecraft attitude to total applied moment are
as follows:

1
T L (4.2.1)
— )
where w = spacecraft angular velocity vector

I = spacecraft moment of inertia

L = total applied moment vector,

. 1 .

vV " e [l& sin ¢ + W cos %] (4.2.2)
. cos g | |

Q % sin b fo sin ¢ + w, cos %] (4.2.3)
6§ = w cos g~ by sin @ (4.2.4)

where w , wy, w,_ are the components of w in the x, y, z directions

respectively. Note that the output signals of the pitch, yaw, and roll
8yros are proportional to the time integrals of W s w&, and w, respectively,
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For design purposes, it will be nBSuged that ¢ and ¢ are small
angles, and that the deviation of ¢ from 90  (Ag) is small. The position
of the z-axis for small values of ¢, y, and Ag are shown in Figure 4.2.2,

FIGURE 4,2.2

For swall y and A§, Figure 4.,2,2 indicates that the z-axis pointing error,
£, is -

¢ - \/vz + (1g)2 (4.2.5)

Yoreover, under the same small angle assumptions, equations (4,2,2) and
(4.2,4) become

VA wy (4.2.6)
6 ~~ W (6.2.7)

Now (4.2.6) and (4.2.7) indicate that for small angles, ¥ and ¢ are
nearly equal to the yaw and pitch (respectively) gyro outputs. That is,

6. = @ (4.2.8)

9 - w (4.2.9)
where ex = output of pitch gyro

Gy = output of yaw gyro
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thus, from (4.2.5),

2 2
t = AV/ex *eo (4,2,10)

Also, from (4.2,1), (4.2.6), and (4.2,7),

- L
- X

6y I - (4.2.11)

ve L

P

y I (4.2.12)

As a result of the above considerations, the servo loop diagram of the
inner rate loop i{s as shown in Figure 4.,2,3., In this Figure, Ksce(s) is

the shaping amplifier transfer function, L_is the control moment generated
by the vernier propulsion system, and Ld 1§ the main retrorocket disturbance

moment., An identical diagram

Piteh Sh“P"ﬂ,q
A Gyro Amplfiar é! .
‘l’ S, «+ ’ i

é_ KQ 6.(‘) ""__ i

;;: |

!

|

l

J

FIGURE 4.2.3 -
describes the yaw inner rate loop.

Consider now the design of KgGe(s). As a first step consider the
question of how many open-loop integrations are desirable (the gyro and
geometry supply one each). The inclusion of one integration in Ce(s)
would provide zero steady-state error in ex as a result of Ld' The alter-

native to an integration is a high value of Ke. Hardware convenience and

noise considerations lead to the choice of including an integration in GG(S)'

So far, the S-plane open-loop critical points for the loop shown in
Figure 4.2.3 consist of two poles at the origin, one on the real axis at
the origin and one at =50, It is clear that stability demands at least
two zeros. For hardware convenience these are located on the real axis
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to the left of - ~%—. Now Ge(s) will introduce at least as many poles
i

as zeros. Since two zeros and one pole have been introduced, at least

one other pole will appear. This one will be placed to the left of the

two zeros. The resulting open-loop pole-zero configuration and the
resulting root locus is sketched in Figure 4.2.4, '

For purpose of stability, the two zeros should be placed close to
the origin, and the pole far from the origin, Two considerations limit
the proximity of the zeros to the origin:

/

S - Plane f

.

—— Ko e G Gk
~-4 \_ -2
T

FIGURE 4.2.4

i. As the zeros move closer to the origin, the real root between the
zeros and the origin decreases in frequency, and system response
becomes correspondingly slower.

2. Capacitor and resistor sizes and tolerances become unwieidy if the
zeros are placed too close to the origin. Noise considerations

1imit placement of the pole too far to the left,

The second of the above considerations governed the selection of

the shaping amplifier critical frequency locations. The resulting GQ(B) is

~(8+1)(0,55 + 1)
ce<a) - S ,05S +1 (4.2.13)

The resulting root locus for the imner rate loop is shown in Figure 4,2.5.
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The next step in the inner rate loop design is the selection of a

value for KG' The selection of this parameter was made on the basis of

three considerations:

1. satisfactory stability margins and transient response;

2, steady-state error (in attitude) in the presence of main
retrorocket disturbance moment;

3. hysteresis-induced limit cycle amplitude.

The first of these considerations is self-explanatory. The second
requires some explanation. On the surface it appears that steady-state
error in the presence of Ld should be zero. If the electronic integrator

contained in the shaping amplifier were a perfect integrator this would
be so. In fact, however, the electronic "integrator' is more accurately
described as a first order lag with a relatively long time constant, Ty

The longest time constant conveniently available was 20 seconds. The
resulting Ge(s), then is

(5 +1)¢0,55 + 1)
Gy(8) = (S +.05)(.055S + 1) (4.2.14)

and the steady-state error, Byer i0 pitch (yaw) error is

5 m =22 (4.2.15)

€

The third of the above considerations, which turned out to be the
governing one, is discussed in detail in Reference 3. This work will
now be briefly summarized. A quantative estimate (and, as analog simulation
later confirmed, a very good one) of limit cycle behavior was made by means
of a describing function analysis. Figure 4,2,.6 shows.a plot of the® linear
portion of the open-loop transfer function

”~~
&
.
N
-
[
[s )
L

g {jw v 13{0,5 jw + 1)
s%(Jw + .05)(.055w + 1)

G(jw) =

for several values of EQ , and the negative inverse of the describing
2

function, N(-ﬁ) H is the hysteresis width, (see Figure 4.2,7) and M

and N are defined as fgllows. If the input to the hysteresis is Me Jmt,

the output is N M e J

——

e-njut | , where M {s real and M and the A are
_J n 27

(s o]
\ r njwt

+ A e + A
n -n
n=2
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in general, complex, Describing function theory concludes that the
amplitude and frequency of the limit cycle (at the input to the hysteresis)

are those corresponding to the intersection of G(jw) and - % . The

variable of interest is g;) , the amplitude of the limit cycle, two
integrations downstream fTom the hysteresis output,

In I .
® - Tr (4.2.17)
W

AR I Th e

..np‘l‘f

FIGURE 4.2.,7 Hysteresis Characteristic

Since the describing function is plotted as a function of % , and H and I

are constants, it is helpful to rewrite (4.2.17) as

Ot
p—4

LN 2
GE

t 1s clear from Figure 4.2,.6 that as Ke/I increases from 10 ro 40, the

N

F R
.
[ &

L

values of N, /"§i> and w vary as follows:

M
K H
IN | decreases until iﬁ' *? 30, and then increases; | q‘> increases
e \‘
i
until fﬁ 2z 30, and then decreases; w increases over the entire range.

This behavior indicates the possibility of an optimum value of KQ/I‘ Ic

turns out that 1f such a peak exists, it is beyond Ke/l = 30. Tor values

of gain in this range, transient performance becomes & controlling considera-
tion, Figure 4,2,8 shows plots of inner rate loop damping factor, {, and
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limit cycle amplitude, (:) , versus K&/I' As a reasonable compromise

between limit cycle amplitude considerations, and transient response and

stability considerations, a value of Ks/I of 27 was chosen, A value of

1= 160 slug-ftz, which represents the mean between the predicted mission
extremes of 200 and 120 slug-ft2, was used to compute the value,

K = 4,32 x 103

o lb-ft/sec/rad A (4.2,19)

Next, consider the steady-state error in attitude in the presence
of the main retrorocket di{sturbance moment. If it is assumed that the
magnitude of the disturbance moment vector is 150 lb-ft, and taat it is
directed along the pitch axis, then equation (4,2.15) yields

05
exe " 4.32 x 103 (150) = 1,735 x 10—3 radian

or

Gxe = 0,1 degree

which is well within the target figure set earlier,

4,2.1.1.2 Doppler Attitude lLoop., There are two parameters in the
Doppler attitude loop, which must be chosen (see Figure 3,6.2):

1. The limiter saturation value;

2, The Doppler amplifier gain, KN'

The purpose of the limiter 1s to prevent large initial flight path angles

from causing the gyros to bang their stop and possibly set up an unstable
motion. The value of 5.5%/sec. was chosen as the smallest value consistent
with the requirement that flight path angle be nulled within 9 seconds from
an initial value of 45° (see sections 3.10.2.1 of Reférence 4.). The 5,5%/sec
number is also called-out directly in section 4,3.,5 of Reference 4.

The gain, KN’ was chosen purely on the basis of stability and hardware

convenience, The stability analysis will be carried out by considering a
planar small angle model. Figure 4.,2,9 shows the geometry of this model,
In this figure, £ and v are inertial reference axes,

— s o — .

/| Va
/
/ ¢'Sn\ \)
4/ i 6/ ~
v \\R

i - N,
/,////Lunar Surface ///// //

Fiqure 4.2.9
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- is the gravity vector, y and z are the spacecraft axes,

V_ 1is the
z

velocity and a is the acceleration resulting from the vernier propulsion

system thrust, Equations of motion for this model are

Y( = g 8in 6

Vy = Yl cos § + Vv sin ¢

(4,2.20)

(4.2,21)

(4.2.22)

where V{ and Vv are the components of the velocity vector along the

respective axes,

Taner K nematics
Rate Loop 1
' A . v !
=) : =) =] l+ =5, V
- K (%) —— = G LT S Y
s |
j
Doppler
Radar
|
{
i O S

FIGURE 4,2,10 Doppler Attitude Loop

According to (4.2.22), V& is

Vy - YZ cos g + V& sin g =~ !Z 6 sin § + vve cos §

or, substituting from (4.2.20) and (4,2.21):

‘y -8 sin ¢ + ¢ (Vv cos § - Yl sin )
But Jv cos g - Y{ sin g = Vz

so that (4.2.24) becomes

Vy -8, 8in § + eVz

(4.2.23)

(4.2,24)

(4.2.25)

(4.2.26)
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For small values of §, (4.2.20) may be written

Yow if V is constant or varying slowly, (4.2,27) may be written in
Laplace fiotation as

s + -2
< 2NV, (4.2.28)

Thus, by using cquation (4.2.28) in the '"geometry' box in Figure 3.6.2,
the Doppler attitude loop may be represented as shown in Figure 4,2,10.
The stability analysis of this loop will now be discussed.

3

The open-loop critical frequencies of the Doppler loop (Figure 4,2,.10)
consist of the following:

1. The closed-loop critical frequencies of the inner rate loop;

B

2. Two integratiohs and & zero at S = - va— from the geometry;
z

3. A pole at § = -10 from the radar.

The open~loop gain is K\g . The design procedure is carried out as
follows: :
1. Plot the root locus for Vz = 700 fps (the maximum velocity at
which the loop operates) with KY as the parameter and set KH to

provide reasonable stability margins and transient performance,

2. Plot the root locus with KN equal to the value chosen in step 1
and Vz as the parameter. Use this locus to determine the point
at which transient performance or stability margin has deteriorated
to an unacceptable point,

3. Repeat step 1l using for Vz the value found in step 2,

4. Using for KN the value found in step 3, repeat step 2 to insure
adequate performance down to Vz = 10 fps.
The root locus called for by step 1 is shown in Figures 4.2.11 and 4,2,12,
Observe that the roots shown in Figure 4.2.11 tend to the right with

increasing gain, while those of Figure 4.2.12 tend to the lett. Since
the zero located at

S = - =2 does not change position much for Vz above 50 fps, and
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the open-loop gain is KNVz’ the roots will vary with Vz in about the same
fashion they do with KN for a wide range of Vz. Since Vz will decrease
from 700 feet per second, KN should be set as high as possible to enhance

stability wmargin for the roots of Figure 4.2.12 at lower velocity. The
roots of Figure 4,2.11, however, prohibit excessive values of KN' The

highest value of KV compatible with both the roots of Figure 4,2.12 and

hardware convenience is

Ky = 2.8 x 10~3 radians/foot : (6.2,29)
This is the value selected for use above the 1000 foot mark,

The locus called for in step 2 is shown in Figures 4.2.13 and 4.2.14,

Since the roots shown in Figure 4,2,14 are satisfactory around 100 feet/
second, it was decided to alter the value KV on signal from the already-

available 1000 foot range mark (which occurs at around 100 feet per second).
The root locus called for im step 3 is shown in Figures 4.2.15 and
4,2.16. The value of KN chosen for use below the 1000 foot mark is

Ky = 1.7 x 10-2 radians /foot (4.2.30)

The root locus called for in step 4 is shown in Figures 4.2.17 and
4,2,18, These figures show that performance should be satisfactory down
to 10 fps, where the Doppler attitude loop 1s opened.
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4.2,2 Thrust Control

L]

4,2,2.1 Acceleration Loop. The purpose of the acceleration

loop is to control the vernier engine thrust to a precision thrusc-ro-mass
ratio. The loop configuration is shown in Figure 4,2,19, The chief
considerations here

Vern.er¢ . Ceradt
Sha ping engines ma ss

314

—

Accelerometer
I

-
2(.65) s?
[+ 27 30 s + (27303

FIGURE 4.2,19 Acceleration Loop

are low steady-state error, resporse fast enough to keep total impulse
errors low (during the midcourse velocity correction) but slow enough

to avoid elastic modes, and rcasonable damping and stability margins.

These considerations are discussed in more detail in Referemce 5.

The pole~zero configuration of the acceleration loop without
compensation 1s sketched in Figure 4.2,20. Note that high values of
gain tend to drive

-

4w
//
X
incr. Ka.
A 4 ¢ \A’ o
d’ - 100

FIGURE 4,2,20
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the root emanating from the engine pole to an objectionably high
frequency. In order to preveat this, the loop is compensated by

G(s) = E—%.Tl ’ . (4.2.31)

~the root locus for the compensated loop is shown in Figure 4.2,21. The

value of K‘ chosen is

K = 2240 -l—b%—‘- (4.2,32)
secC

the expected range of Ka/M, then 1s
K 2
30 _a L 120 ft/sec (4,2,33)
- :

where m is spacecraft mass, Figure 4.2,21 indicates satisfactory
periformance in this range,

4.2,2.2 Velociry Loop. The configuration of the velocity lcop
is shown in Figure 4.,2.2.2 The geometry used in this discussion and
that on the range loop was shown in Figure 4,2,9. For purposes of range,
acceleration, and

i Doppicv Kadar

FIGURE 4,2.22 Velocity Loop

velocity loop design, ¢ will be assumed small,

It is assumed that the Doppler attitude loop maintains perfect
alignment between the velocity vector, V, and the z-axis. Slant range,
R, is the distance from the spacecraft to the lunar surface megsured in
the direction of the z-axis, and g_1s the lunar gravity vector.
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-

The linear design of this loop is straightforward. The root locus
for the loop is shown in Figure 4.2.23., On the basis of this root locus,
a value of

K, = 4 sfcec-l (4.2,34)
was chosen.-

A limiter and a biaa,’?;in, are located between the descent amplifier

and the acceleration loop. The net characteristic of limiter and bias are
as shown in Figure 4,2,24. The limits, @ and‘ﬁgax,‘

min
d

i
LY

0 AB. pa

A

A0 cCommand accelecation

e

FIGURE 4,2,24 Acceleration Command Limit
and Bias Characteristic

-

are chosen so that a linear portion of the vernier engine thrust range
is reserved for moment control during the vernier descent phase. These
values are chosen as follows,

If the moment arms (thrust vector to spacecraft center of gravity)
for each vernier engine were equal, the differential throttling ¢ommand
from the pitch and yaw rate loops would be zero, and the full throttling
range of 30 to 104 pounds per engine would be available., Because of
unavoidable mechanical tolerances, these moment arms are not equal. The
net result of the tolerances is that the spacecraft center of gravity is
located on a circle of radius 1.03 inches (see Reference &) ceatered
on the geometric center of the three engines., This is shown in Figure 4.2,25.
In the steady-state, the inner rate loops will throttle the three engines
so that the pitch and yaw moments about the spacecraft center of gravity

"are zero. The total thrust will be throttled to some value T by the

acceleration loop. These conditions are expressed as follows:
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LX‘ =0 = -rlTl cos 6, + t2T2 sin 6, + r3T3 sin 64 (4.2.35)
Ly' = () = -rl’l‘1 sin 6, + r2T2 cos 92 -r3T3 cos 93 (4.2.36)
T = '1‘1 + Iz + 'r3 6.2.37)

Using these three equations and the geometry of Figure 4,2.25 to relate
the ¢'s to o, the ratios T,/T, T,/T, and T,/T were plotted as shown in
- 1 2 3

Figure 4.2.26,

The acceleration limiter is designed so that for the worst-case ¢
(approximately 20") and the largest spacecraft mass, engine number one
just reaches 104 pounds.

Using the above consideration, together with limiter tolerance,
accelerometer tolerance, and acceleration loop steady-state error, the
following values are obtained,

D = 12,58 ft/sec? (4.2.38)
max .

4?. - 4,79 ft:/sec2 (4.2.39)
Wwin

A detailed account of these computations is given in References
L end 7
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FIGURE 4.2.25
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